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SMALL-SCALE INVESTIGATION AT TRANSONIC SPEEDS OF THE

EU?FECTSOF THICKENING TEE INBOARD SECTION OF A

45° SWEPTBACK WING OF ASPECT RATIO 4, TAl?ER

RATIO 0.3, ANDNACA 65Ao06 AWOIL SECTION

By Kenneth P.’Spreemann and William J. Alford, Jr.

SUMMARY

A small-scale investigation was conducted h the Langley high-speed
. 7- by 10-foot tunnel over a range of Mach numbers from 0.60 to 1.08 to

determine the effects of increasing the thickness ratio over the inboard
portion of the span of a W- with the quarter-chord line sweptback 45°.* The investigation included tests of a basic wing having a constant
6-percent-thick section and a modification of this wfig having the section
thickness increased from 6 percent at the kO-percent-semispan station to
U! percent at the root.

The wing with thickened inboard section gave large increases in
minimum drag h the transonic speed range. The lift-curve slope, lateral
center of pressure, and aerod~mic==enter location were only slightly
affected by modifying the wing.. Experimental values of lift-curve slope,
lateral center of pressure, and aerodynamic-center location appeared to ‘
be in good agreement with theoretical values (corrected to the elastic
conditions) in the low-supersonic Mach number range. In the subsonic
Mach number range the experimental values of these parameters were in
reasonably good agreement with the theoretical values exce~t for the
aerodynamic-center location.

INTRODUCTION

. It is desirable for structural reasons to maintain the airplane wing-
thickness ratio at as large a value as feasible without incurring great
penalties in performance and in stability and control characteristics at

.



2 NACA RM L51J?08a .
~

transonic syeeds. The investigation reported in reference 1 indicated
that full-span tapering of thictiess ratio offered a possible means of
improving the structural characteristics without noticeable sacrifices
in the aerodynamic characteristics. It was subsequently proposed that
the structural advantages of thick root sections sad the aerodynamic
advantages of thin tip sections might be achieved, at least in part, by
increasing the thiclmess ratio over only a limited inboard portion of
the wing span. -T .,

The aerodynamic effects of increasing thickness ratio of’the
Inboard portion of a representative 45° sweptbackwi.ng of aspect ratio 4
are presented in this paper. The investigation included two semispan
wings, one a wing of 6-percent constant thickness and the other (a modi-
fication of the first wing) having the inbQard portion tapered in thick-
ness from 6 yercent at the 40-percent-semispan station to 12 percent at
the wtig root. Lift, drag, pitching moment, and root bending moment –
were obtained over a Mach number range from 0.60 to 1..o8h the Langley
high-speed 7- by 10-foot tunnel. Also, some comparisons were made with
theoretical values, corrected to elastic conditions, at subsonic and
low-supersonic speeds.

.
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SYMBOLS
-- .-—.

&

The symbols used in this paper are defined as follows:

lift coefficient (Twice semispan lift/qS)

drag coefficient (Twice semispan drag/qS) — ..-

pitching-moment coefficient referred to 0.255
(Twice semispan pitching moment/qS5)

bending-moment coefficient about axis parallel to re ative

wtid and in plane of symmetry

( )

Root bending moment

q~$

drag coefficient due to lift

(

CD - CD
)

c~=o

span load coefficient := i

.— ——- -- -
.-—-~—~ —- .== . -)

_—— —-----



NACA RM L51F08a

cDi

A

.

s

4 i!!

c

cav

b

v

M

Mz
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Ma

section lift

equivalent

coefficient

3

leading-edge-suction factor

n. 2
theoretical induced-drag coefficient

(
1.0025 *, calculated

by method of reference 3
)

()b2aapect ratio
%-

effective dynamic pressure over spsm of model, poundE per

square foot
()
1 #2P

twice wing area of semispan model, 0.I.25square foot

mean aerodynamic chord of wing, 0.181 foot; based on relation-

/
2 b/2 c2dy (using theoretical tip)ship ~

o

local wing chord, feet

average wing chord, feet

twice span of semispan

spanwise distance from

ah density, slugs per

model, 0.707 foot

plane of symmetry, feet

cubic foot

stream velocity over model, feet per second

effective Mach nunber over span of model

local Mach nunber

average chordwise Mach number
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Reynolds number (PVc/V)

absolute viscosity, pound-seconds per

Youngls modulus of elasticity, pounds

angle of attack, degrees

local angle of streamwise wing twist,

NACA RM L51T08a

square foot

per square inch

.-

degiees

.

—-
.-

chordwise distance from leading edge of roo,tchord
aerodynamic center, feet

chordwise distance from leading edge of root chord
chord point of mean aerodynamic chord, feet

[

to wing
—

to quarter-

ac~
lateral center of pressure, percent semispan

()100 K

wing thickness, feet — —
,

MODEIS AND TESTS

The modified wing of the present investigationwas obtained by
altertig a basic semispan wing model, which had 4.5°of sweepback referred
to the quarter-chord line, an aspect ratio of 4, a taper ratio of’,0.3,
and an NACA 65AO06 airfoil section parallel to the free stream. The
modification consisted of thickening the inboard portion of the w@g to
provide an NACA 65A012 airfoil section at the root, tapered to the basic
NACA 65AO06 airfoil section at the 40-percent-semispan station. The
original wing was made of beryllium-copper and the modification was
constructed of bismuth-tin alloy. A drawing of the wing, including the
modification, is shown in figure 1. A photograph of the wing mounted on
the reflection-plane plate is shown in figure 2. The ‘distributionof
maximum thickness along the semispan is sh.o.win figgre 3.

The investigationwas conducted in the Langley high-speed 7- by 10-
foot tunnel with the model mounted on a reflection-plane plate (fig. 1)

~ located 3 inches from the tunnel wall in order to bypass the wall
botidary layer. The reflection-plane boundary-layer thickness was such
that a value of 95 percent of free-stream velocity was reached at a
distance of approximately 0.16 inch from the surface at the center line
of the balance for all test Mach numbers. This boundary-layer thickness
represented a distance of about 4 percent semispan for the models tested.

k
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At Mach numbers below 0.95, there was practically no velocity
gradient in the vicinity of the reflection plane. At higher Wch n~bers~
however, the presence of the reflection-plane plate created a high-local-
velotity field which allowed testing the small models up to M= 1.08
before choking occurred in the tunnel. The variations of local Mach
numbers are,shown in figure k. Effective test Mach numbers were obtained
from additional contour charts similar to those shown in figure 4 by the
relationship

(JO

For the models tested, outside the boundary layer, a Mach number
gradient of generally less than 0.02 was obtained between Mach numbers
of 0.95 and 1.04, and the gradient increased to about 0.06 at the highest
test Mach number of 1.o8. It will be noted that the Mach number gradient
is principally chordwise.

Force and moment measurements were made for the models through a
Mach number range of 0.60 to 1.o8 and an angle-of-attack range of -60
to 12°; the variation of Reyaolds number with Mach nuniberfor these tests
is shown in figure 5. Data were obtained by using a strati-gage balance
system. The models were tested with the quarter mean aerodynamic chord
located at the center line of the balance, so that transfers to the
pitching moments were Unnece$!sary. However, the bending moments were
measured about the 7-percent-semispan station and were transferred to
the root chord. A gap of about 1/16 inch was maintained between the
wing-root-chord section and the turntable of the reflection-plane plate,
and a sponge-wiper seal was fastened to the wing butt to minimize leakage.

In view of the small size of the models relative to the tunnel test
section, jet-boundary and blockage corrections were believed to be insigni-
ficant and were not applied to the data.

THEORETICAL CONSIIHZRATIONS

Incompressible aerodynamic characteristicswere calculated by the
discrete vortex method of reference 2. The locations of the lateral
center of pressure and the aerodynamic center were assumed to be invari-
ant at subcritical speeds, but the lift-curve slopes were corrected for
compressibility by use of the charts in reference 3. The aerodynamic
characteristics at low-supersonic speeds were determined by means of

AEii&mziiiJ’.——...-
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the linearized theory of reference h. All the theoretical parameters
were corrected by strip-theory methods to an elastk condition by using

—
*

the values of average streamwlse twist (fig. 6), obtained by simple beam
theory. The equations used for these corrections are summarized as
follows:

CL /(1=CL?
a

a.
‘+%qc%j-d(*) (1)

— (3a)

where .

cLa
theoretical lift-curve slope for elastic wing

cLat
theoretical lift-curve slope for rigid wing

—

.

&

r, .. .

xl distance from root leading edge to local aerodynamic center,
feet (assumedto be at c/4 for subsonic Mach numbers)

The increase in drag coefficient for the modified w3ng from the
sonic Mach number range (below M = 0.80) to the supersonic Mach number
range (above Mach numbers of 1.04) was estimated by use uf the following
equation:

—

sub-

cD,--[&(?)2@j
0

L -—

.

(4) _

.
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where, for example:

CD1 increase in drag coefficient for the basic wing between
M= O.~ and M= 1.05 (from experimental results)

CD2 esthnated
between

t~/c thiclmess

t2/c thickness

The remainder of the
defined.

increase in drag coefficient for modified wing
M= O.@ and M = 1.05

ratio of basic wing (0.06)

ratio of modified wtig (see fig. 3)

coefficients and symbols have been previously

RESULTS AND DISCUSSION

The basic data of the investigation are shown in figure 7. The
discussion is based principally on the summary curves presented in
figure 8. The slopes presented in figure 8 were measured through zero
lift up to a lift coefficient where obvious departures from linearity
occurred.

Lift and Drag Characteristics

The lift-curve slopes *L/k were reduced about 0.003 in the

subsonic speed range and about 0.006 in the supersonic speed range by
modifying the thictiess ratio of the tiboard portion of the wing. The
difference in *L/~ of the two wings probably can be attributed

primarily to the low Reynolds nmbers of this investi~tion (see, for
example, reference 5). The lift-curve slopes of both wings at subsonic
Mach numbers were higher than indicated by theory corrected to the
elastic conditions. However, in the supersonic Mach nmber range the
theoretical calculations for the elastic conditions appeared to predict
quite well the extrapolated lift-curve slope of the basic w$ng. The
lift-curve slopes of the wing in reference 6 (in which the same basic
wing was employed as for the present investigation) were about 0.005
to 0.009 lower than those of this investigation. The lower values
of ~L/~ possibly may be attributed to leakage of air around the butt

of the
for in

bodel and to end-plate tares, aa these factors were not accounted
the investigation of reference 6. In the present investigation,

w --- -—
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these conditions were to a large extent avoided
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by installing a sponge-_
wiper seal at the butt of the model and eliminating the end plate. .

The wing modification gave a 2 to 3 percent outboard movement of the
lateral center of pressure in the lower Mach number range.

.,.
It should be

pointed out that the lateral center-of-pressure locatio~ presented in
this paper are based only on the bending moment due to lift; however,

.,—

within the low-lift-coefficientrange in which the slopes of the bending
moments were measured, drag would have very little effec–ton the bending
moments. It is interesting to note that the theoretical calculations
for the elastic conditions ti the subsonic speed range a-lmo~tprecisely
predicted the lateral center of pressure of’the modified wing. In the
supersonic region the theory gave lateral center-of-pressure values that
appear to be just slightly outboard of those-that might be extrapolated
from the experimental results of either wing.

The modified wing showed considerably higher drag values than the
original wing in the transonic speed range, as evidenced by the large —

‘ncremes ‘n C%in
above a Mach number of 0.95. The comparatively—

‘ge ‘inferences‘n C%in
at the lower Mach numbers may be the result .

of the low Reynolds number of this investigation. The Reynolds number
effects given in reference 5 show that as the Reynolds niimbersare
increased to values above 5 x 106 the differences in

C%in
between

wings of these thiclmess ratios are very small (about 0.0007 at a
Reynolds number of 8x 106, compared with a value of about 0.0025 indi-
cated at a Reynolds number of’ 0.75 X 106 ir.the present investigation).
The rise in drag coefficient for the modified wing between M = 0.80
and M = 1,05, as estimated by use of equation~k, was in-good agreement
with experiment, as shown in figure 8. It is also of interest to note
that the drag-rise Mach number was somewhat reduced by modifying the
Wing.

.-—

,.,.
.—

—

*

The parameter ~ (fig. 8) represents the percent of equivalent

full leading-edge suction realized at the various lift coefficients. It
should be noted that the percent of equivalent leading-edge suction indi-
cated by ~ is undoubtedly conservative, inasmuch as the drag due to”

——

lift may be increased by trailing-edge separation as weU as by losses
in leading-edge suction. At low lift coefficients (0.2 and lower) the
drag due to lift ACD was apparently little affected by the wing modi-

fication. The values of ACD obtained at these low lift coefficient i—

below M = 1.0 correspond to the ’achievementof about 60 to 80 percent ~.
of the equivalent full leading-edge suction, and up to where compressi-
bility effects might be more pronounced, the thicker, modified wing .
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showed slightly higher values of ~. At a lift coefficient of 0.6,

ACD was increased about 0.004 to 0.010 by the wing modification. Never-

theless, in the lower Mach number range, + was about the same for both

wings at CL = 0.6 (about 35 to 40 percent of the equivalent full

leading-edge suction). This can be attributed to the lower average lift-
curve slope of the modified wing.

The maximum lift-drag ratios were very adversely influenced by modi-
fying the inboard wing thickness. The reductions in maximum lift-drag
ratios were about 17 percent at low Mach numbers and increased to a’bout
27 percent at the highest Mach numbers. It should be noted that at
subcritical Mach numbers most of the losses in maximum lift-drag ratios
were probably attributable to the aforementioned Reynolds number effects

‘n c%in”
The greater percentage reductions of (L/D)_x in the speed

range above M = 0.90 may be primarily attributed to the large increases

‘n chin
in this speed range.

.
Pitching-Moment Characteristics

* The pitching-moment characteristics (fig. 7) were only s~ightly
influenced by modifytig the inboard wing thic?.mess. The values of
~ml *L in figure 8 show that forward movements of the aerodynamic-

center location of about 1.0 to 2.5 percent of the mean aerodynamic chord
were obtained as a result of the wing modification. Inasmuch as the
lateral center of pressure of the modified wing was outboard of that of
the basic wing, the more forward location of the aero@mmic center on
the modified wing is probably attributable to a more forward chordwise
location of the local aerodynamic center on the inboard portion of the
wing. The theoretical values of *m/*L indicated an aerodynamic-

center location about 5 or 6 percent of the mean aerodynamic chord ahead
of those obtained everimentally in the subsonic Mach nunber range. In
the supersonic Mach range investigated, however, the theoretical calcu-
lations seemed to predict the extrapolated experimental aerodynamic-
center location of the basic wing quite well.

CONCLUSIONS

. A small-scale investigation of the effects of increasing the thick-
ness ratio over the inboard wing sections of a 45° sweptback wing indi-
cated the following:

.

*
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1. The minimwn drag of the modified wing was considerably higher
at high-subsonic and low-supersonic speeds than that..gfthe basic wti”g. ●

The transonic minimum drag rise of the modified wing-was closely pre-
.—

dieted.by simple theory utilizing the minimum drag rise of the original
wing determined experimentally in the transonic Mach number range. The
drag due to lift at high lift coefficients for the modified wing was
generally greater than for the basic wing. _ — —. -.—.-

2. No large effects of the wing modification were shown on the
variations of lift-curve slope, lateral center of pressure$ and

—

aerodynamic-center location with Mach number.

3. The extrapolated experimental lift-curve slope, lateral center
of pressure, and aerodynamic-center location agreed very well with theo-
retical values predicted by linearized theory at low-supersonic speeds.
At subsonic speeds the experimental and theoretical values were generally
in reasonably good agreement except for the =.rodynaiic-center location.

Langley Aeronautical Laboratory
National Advisory Committee

Lsmgley Field, Va.
for Aeronautics *

.
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